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SUMMARY 
As part of an NACA transonic research program, a series of wing-
body combinations is being tested in the Langley 8-foot high-speed 
tunnel. This paper presents the results of an investigation of a wing-
fuselage combination utilizing a wing of unswept quarter-chord line, 
aspect ratio 4, taper ratio 0.6, and an NACA 65A006 airfoil section. 
Lift, drag, and pitching-moment characteristics, downwash angles, and 
wake losses for various angles of attack at high subsonic Mach numbers 
and at a Mach number of 1.2 are presented. 
Increasing the free-stream Mach number at low lift coefficients 
caused the wing-fuselage configuration to exhibit a decrease in lift -
curve slope beginning at a Mach number of 0.90, a rapid decrease in the 
maximum lift-drag ratio at a Mach number of 0.85, a rearward movement 
of the aerodynamic center at a Mach number of 0 . 87, and a shift in the 
angle of attack for zero downwash at a Mach number of 1.2 . Also, at 
low lift coefficients, an increase of lift-curve slope and a rearward 
shift of the aerodynamic center with increasing lift coefficient were 
indicated at Mach numbers below 0.875. At high angles of attack, the 
wake 1.225 seroispans behind the 25-percent mean-aerodynamic-chord station 
extended at least 0 .375 semispan above the wing-chord plane. 
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INTRODUCTION 
A general research program is being conducted by the National 
Advisory Committee for Aeronaut i cs to supply designers of transonic 
aircraft with needed information on the effect of various wing- geometry 
parameters on aerodynamic characteristics at transonic speeds. 
Thi s paper present s the results of tests on a sting-supported wing-
f uselage combination employing the un swept wing of a series of wings 
having varying amounts of sweep, aspect ratio 4, taper ratio 0.6, and an 
NACA 65AOO6 airfoil section . Tests on other wings in this series are 
reported in references 1, 2, and 3 . 
Lift, drag, and pitching-moment data are presented for subsonic 
Mach numbers from 0.60 to 0 . 93 and for a supersonic Mach number of 1.2. 
Also presented are point downwash data and wake losses for several tail 
heights at two spanwise locations . 
The data presented herein and in references 1, 2, and 3 are compared 
with data of geometrically similar configurations obtained by means of 
the transonic -bump method in the Langley 7- by 10- foot tunnel (see 
reference 4). 
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drag coefficient (D) qS 
lift coefficient ( L) 
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SYMBOLS 
pitching-moment coefficient referred to 0.25c 
mean aerodynamic chord, inches 
drag, pounds 
(MC/_4) qSc 
loss of total pressure in wake, pounds per square foot 
pressure difference between upper and lower components of 
a yaw tube 
lift, pounds 
Mach number 
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Mc/4 
Pb 
Po 
~ 
q 
qL 
R 
S 
Y 
CL 
E 
P 
pitching moment about 25 percent c, inch-pounds 
(
Pb q- P~ base-pressure coefficient / 
free-stream static pressure, pounds per square foot 
static pressure at model base, pounds per square foot 
free-stream dynamic pressure, pounds per square foot (%py2) 
local dynamic pressure at any yaw tube 
Reynolds number based on c 
wing area of model, square feet 
free-stream velocity, feet per second 
angle of attack of fuselage center line, degrees 
downwash angle, degrees 
free-stream density, slugs per cubic foot 
APPARAWS AND METHODS 
Tunnel 
The investigation was conducted in the Langley 8-foot high-speed 
tunnel, utilizing the plaster- lined nozzle described in reference 5. 
Subsonic tests were conducted with the model located in the region of 
the minimum section of the nozzle . For testing at a Mach number of 1.2, 
the model was moved downstream to the expanded section of the nozzle. 
The minimum section of the nozzle had a constant Mach number 
distribution up to the highest point tested. In the supersonic section 
of the nozzle, the maximum Mach number variation was 0.02. 
Model and Support 
The model tested had a wing with 00 sweepback of the quarter-chord 
line, zero twist and dihedral, aspect ratio of 4, taper ratio of 0.6, and 
an MCA 65A006 airfoil section measured parallel to the model plane of 
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symmetry. The wing was machined from 14s T aluminum alloy, and was 
mounted on a fuselage body of revolution of fineness ratio 10.0. The 
longitudinal position of the wing was such that the quarter-chord point 
of the mean aerodynamic chord coincided with the station of maximum 
body diameter . Principal wing dimensions are presented with a plan-form 
drawing of the wing-fuselage combination in figure 1. The fuselage 
ordinates and dimensions are presented in figure 2. An electrical 
strain-gage balance was contained within the fuselage and secured to 
the fuselage at the forward end. The rear part of the balance comprised 
a sting for supporting the model in the center of the tunnel (reference 1 ) . 
The sting was hinged to a support tube in such a manner that the angle 
of attack could be varied by means of a remote-control mechanism while 
testing was in progress . This sting- support tube could be made to slide 
axially on its mounts in order to move the model from the subsonic test 
section to the supersonic test section. Figure 3 is a diagram of this 
setup and figure 4 gives a general view af the model, sting, sting 
support, and test section. 
Measurements 
Lift, drag, and pitching-moment data were obtained by using the 
internal - strain- gage- balance system. The sensitivity of the strain-
gage balance and the scatter of test points indicated that the accuracy 
of lift, drag, and pitching-moment coefficients was within ±0.01, ±0.001, 
and ±0 . 005, respectively, for all Mach numbers. Downwash and wake-
intensity measurements were made with two rakes having both yaw-pressure ~ 
and total-pressure tubes. The location and geometry of these rakes are 
shown in figure 5. Angles of attack of the model and of the rake were 
determined within 0.10 by means of an optical system utilizing parallel 
light beams . A description of this device can be found in reference 1. 
A photograph of the model and rake setup is shown in figure 6. The 
static pressure at the base of the model was determined by means of a 
static orifice located on the side of the sting in the plane of the model 
base. 
The yaw tubes were calibrated in the empty test section by measuring 
the Variation of 6P with rake angle of attack. Downwash angles were 
qL 
determined with this calibration from the measured during the 
tests. During these measurements the static pressure in the wake was 
assumed to be equal to the free - stream static pressure. Where the wake 
was large, this is a possible source of error; however, consideration of 
possible small errors in calibration, angle-of-attack measurements, 
scatter of tests pOints, and variations in local static pressure indicated 
the accuracy of the measured downwash angles to be within ±0.2° for 
measurements made outside the wake and within ±0.3° for measurements made 
in the wake. 
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Test Conditions 
Data were taken at angles of attack of _20 through 140 at Mach 
numbers of 0.60 to 0.93 and at a Mach number of 1.2 for the wing-fuselage 
combination . Also, the wing-fuselage combination was tested at various 
Mach numbers in the above range with transition from laminar to turbulent 
boundary layer fixed at the 10-percent-chord line on the upper and lower 
surfaces of the wing and 4 inches back of the nose on the fuselage by 
means of number 60 carborundum grains doped to the model surface at these 
positions . 
The variation of mean test Reynolds number with Mach number is shown 
in figure 7. Variations in atmospheric conditions caused deviations 
from this curve, but, for any given Mach number the Reynolds number did 
not differ from that shown by more than 3.5 percent. 
By means of pressure measurements obtained from a series of static -
pressure wall orifices, choking tendencies were observed in the tunnel . 
No data are presented in this report where these tendencies were 
evidenced. 
At a Mach number of 1 . 2, the location of the normal shock was 
ascertained by means of a portable point light source. In none of the 
tests for which data are presented did the normal shock advance upstream 
ahead of the rakes or to the base of the model. This condition has been 
shown in reference 6 to be the criteria for effects of the normal shock 
on the model. 
CORRECTIONS 
Corrections due to tunnel-induced upwash and due to model and wake 
blockage and pressure gradient due to wake were calculated and applied 
to the data by using the methods of references 7, 8, and 9 . The correc-
tions to the dynamic pressure and to the Mach number were found to be 
negligible below a Mach number of 0.85 and reached a maximum of 1.4 per -
cent at a Mach number of 0.93. The maximum correction to the downwash 
angle at the rakes amounted to 0.20 . 
Base-pressure coefficients were obtained and are presented in fig -
ure 8 . Comparison of these base pressures with the base pressures from 
reference 1 for the fuselage -alone configuration indicated that the 
addition of the wing lowered the base-pressure coefficient by an amount 
approaching 100 percent at the higher angles of attack . 
No tare corrections have been applied except in the case of sting 
tare; for this case, the corrections were applied to the maximum 
- ----- -
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lift - to -drag r atio and to drag at zero lift. The results of the investi -
gation of a s imilar model at low angle s of attack (reference 10 ) indicated 
that thi s tare need not b e applied to lift or moment values but would be 
an increment of 0 . 003 to be added to the drag coefficient at all subsonic 
Mach numbers and 0 .002 at a Mach numb~r of 1.2 . As the test setup in 
reference 10 involved a sting-support system simila r to the support 
system in the present test, corr esponding sting corrections in the two 
tests are as sumed to be of the same order of magnitude. It is also 
estimated that the sting may cause the downwash angles to be decreased 
by as much as 1 0 at subsonic Mach numbers and 0 . 10 at a Mach number 
of 1 . 2 . In addition, the base- pressure coefficients may be increased 
by the presence of the sting by approximately 0.1 at all Mach numbers. 
Inasmuch as these corrections were estimated by using data from refer -
ence 10, which only consider low angles of attack, no attempt has been 
made to apply them to the data except in the aforementioned cases. 
Corrections in the angle of attack due to the sweep of the center-
of-bending line and due to a pitching moment on the wing were calculated 
and found to be of negligible value. 
RESULTS AND DISCUSSION 
In this investigation, a wing- fuselage c ombination was tested as 
the basic configuration . Fuselage- alone data were subtracted from the 
data of the win g- fUselage combination and the resulting data are the 
wing-with-wing- fUselage - interference data. Basic data for the fuselage 
alone may be found in reference 1. 
All of the following discussion pertains to transiti on-natural 
data unless otherwise stated. 
A table of figures presenting the results follows: 
Figure 
Wing- fUselage force data against Mach number . . . 
Wing- fUselage force data against lift c oefficient 
Wing-with-wing- fuselage - interference force data 
against lift coefficient . . . . . . . . . . 
Lift - curve slope against Mach numbe r . . . . . 
Zero - lift drag coefficient against Mach number 
Maximum lift - drag ratio against Mach number 
Static - longitudinal - stability parameter against 
Mach number . . . . . . . . . . . . . . . 
Wake losses (wing- fuselage) .. ... . .. . 
Point downwash data against angle of attack 
Average rate of change of downwash angle with 
angle of attack against Mach number . . . . 
9 
10 
11 
12 
13 
14 
15 
16 
17 
18 
... 
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Force and Moment Characteristics 
The decrease in lift coefficient for the wing-fuselage configuration 
occurred at a Mach number of approximately 0.90 for angles up to 40 
(fig . 9(a)). Fixing transition caused a reduction in lift coefficient 
at the high Mach numbers for angles of attack up to 100 . 
At a Mach number of 0. 60, the lift-curve slope for the wing-fuselage 
configuration was 0.068 at zero lift (fig. 12). The slope then increased 
to a maximum of 0.104 at a Mach number of 0.90. At a Mach number of 1.2, 
the slope was 0.08. The lift-curve slope at a lift coefficient of 0.4 
had the same trends. The magnitude, however, was approximately 12 percent 
higher at a Mach number of 0 . 60 and reached its peak value of 0.107 at 
a Mach number of 0.85. At a Mach number of 1.2, the lift-curve slope 
at a lift coefficient of 0.4 was 11 percent lower than the lift-curve 
slope at zero lift coefficient. It is su.spected that the increase in 
lift - curve slope with increasing lift coefficient at the lower speeds 
was associated with a separation bubble similar to that described in 
reference 11. This flow characteristic, however, decreases with 
increasing Reynolds number and would probably disappear at a Reynolds 
number of approximately 10 million. A decrease in lift-curve slope at 
the high iift coefficients occurs when the separated region extends 
over a large part of the chord . 
Subtracting the fuselage data from the wing-fuselage data had 
little effect on the lift - curve slopes except at a lift coefficient 
of 0.4 where the peak was reduced by 5 percent. 
At low lift coefficients, an abrupt drag rise occurred at a Mach 
number of approximately 0.875 (fig . 9(b)). In general, fixing transition 
resulted in an increase in drag coefficient, but in no instance did the 
transition-fixed data show any marked drag changes over the natural-
transition data. 
At zero lift, the drag coefficient for the wing-fuselage combination 
remained constant at approximately 0.009 up to a Mach number of 0 .875, 
where it increased sharply (fig . 13) . At a Mach number of 1.2, this 
drag coefficient was 0.038 . The same trends for zero lift drag were 
exhibited by the wing-with-wing- fuselage-interference data. However, 
the absolute values of this coefficient were approximately 72 percent 
lower at subsonic speeds and approximately 26 percent lower at a Mach 
number of 1 .2 than the corresponding values for the wing-fuselage 
configuration . 
A maximum lift -to-drag ratio of approximately 14.5 for the wing-
fuselage combination was maintained up to a Mach number of 0.85 (fig. 14). 
Above this Mach number, a rapid decrease in lift - to -drag ratio was 
caused by an abrupt drag rise. At a Mach number of 1.2, this ratio 
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was 5.5. The lift - to - drag ratio for the wing-with-wing-fuselage-
interference data was approximately 73 percent higher than that for the 
wing-fuselage configuration up to a Mach number of 0.85, above which 
the increase was much less pronounced. At a Mach number of 1.2, this 
increase was only 22 percent. 
The large favorable changes in drag at zero lift and in maximum 
lift-to-drag ratios resulting from subtracting the fuselage data from 
the wing- fuselage data are largely due to the fact that the drag of the 
part of the wing covered by the fuselage does not appear in the resulting 
configuration, although the coefficients are based on the total area of 
the wing. 
The wing- fuselage configuration exhibited an abrupt decrease in 
pitching-moment coefficient beginning at a Mach number of 0.86 for 20 
angle of attack and at lower Mach numbers for higher angles of attack. 
Fixing transition reduced the abruptness and magnitude of this variation. 
dCm At zero lift, the longitudinal stability parameter dCL remained at a 
c onstant value of 0.15 up to a Mach number of 0.85 (fig. 15). Above 
0. S5 the aerodynamic center began to move rearward, the model becoming 
neutrally stable at a Mach number of 0.905. At a Mach number of 1.2, 
the moment-curve slope indicated stability, being -0.09. At a lift 
c oefficient of 0.4, the aerodynamic center at subsonic speeds was approxi-
mately 5 percent rearward of the location for zero lift. This rearward 
shift with increasing angle of attack may be associated with the leading-
edge separation previously mentioned. For a lift coefficient of 0.4, 
the aerodynamic center began a rapid rearward movement at a Mach number 
of 0.80. This rearward movement resulted in the wing-fuselage configu-
r ation becoming stable above a Mach number of 0. 85 where the value of 
dC dc~ reached -O.oS. At a Mach number of 1. 2, the slope of the moment 
curve was essentially the same for a lift c oefficient of 0.4 a s it was 
f or ze:-:-.') lift. 
For both lift coefficients, subtracting the fuselage-alone moment 
moved the aerodynamic center rearward approximately 7 percent of the 
mean aerodynamic chord at most speeds. 
Wake and Downwash Characteristics 
At Mach numbers of 0.6 and O.S, the wake losses for 00 and 40 
were negligible in the region investigated, but, at a Mach number of 0.93, 
the wake for 40 had begun to appear; thus a shock-induced separation 
was indicated (fig. 16). At a Mach number of 1.2, the shock had moved 
to the trailing edge, and wake losses were again small for 00 and 40. 
J 
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The wake for 100 was assumed to extend at least 0.375 semispan above 
the fuselage at all speeds tested. The wake losses at the inboard 
station were larger than those of the outboard station because of losses 
due to the fuselage. 
A significant change in the angle of attack for zero downwash 
occurred at a Mach number of 1.2 (fig. 17) for the wing-fuselage combi-
nation a s compared with thi s configurati on at a Mach number of 0.93. As 
a consequence, significant changes in trim of an airplane flying to a 
Mach number of 1.2 can be expected from this shift if the horizontal 
tail is located within the region investigated. This shift in the angle 
of attack for zero downwash is attributed to the fuselage inasmuch as 
wing-with-wing-fuselage-interference data did not indicate a similar 
change. 
The average rate of change of downwash angle with angle of attack 
is presented against Mach number in figure 18. These values were found 
by averaging the slopes for the two semispan stations at a location 
0.375 semispan above the wing- chord plane. This average ~ for the dCL 
wing-fuselage combination at a Mach number of 0.80 was approximately 
0.5 and 0.6 for lift coefficients of 0 and 0.4, respectively. Wing-with-
wing-fuselage-interference data below a Mach number of 0.80 exhibited 
dE dE a zero lift da approximately 12 percent lower and a da for a lift 
coefficient of 0.4 approximately 15 percent higher than corresponding 
values for the wing-fuselage configuration. Variation of ~ with Mach 
number was erratic above a Mach number of 0 .80. 
CONCLUSIONS 
The results of an investigation of a wing- fuselage combination 
employing a wing with unswept quarter-chord line, aspect ratio 4, taper 
ratio 0.6, and an NACA 65Ao06 airfoil section at high subsonic Mach 
numbers and at a Mach number of 1.2 indicated the following: 
1 . Increasing the free stream Mach number at low lift coefficients 
caused the wing-fuselage configuration to exhibit a decrease in lift -
curve slope at a Mach number of 0.90, a rapid decrease in the maximum 
lift-to-drag ratio at a Mach number of 0. 85 , and a rearward movement 
of the aerodynamic center at a Mach number of 0 .87 . 
2 . An increase in lift -curve slope and rearward shift of aerodynamic 
center with increasing angle of attack was indicated at low Mach numbers. 
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3. The wake 1.225 semispans oehind the 25-percent mean-aerodynamic-
chord station extended to at least 0.375 semispan above the wing-chord 
plane at high angles of attack. 
4. At a Mach number of 1 .2 , the angle of attack for zero downwash 
was changed by the presence of the fUselage; thus significant changes 
in trim going from a Mach number of 0.93 to a Mach number of 1.2 occurred . 
Langley Aeronautical Laboratory 
National Advisory Committee for Aeronautics 
Langley Field, Va. 
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WING DIMENSIONS 
Airfoil section (parallel to model 
plane of symmetry - NACA 65A006 
Ar'e'a, sq ft .•......•............. 1 
Aspect ratio ••••••••••••••••••••• 4 
Taper ratio .••••••••••.•••••••••• 0.6 
Sweep angle, deg (25-percent 
chord line ..................... 0 
Incidence, deg .•..•••••••••..•••• 0 
Dihedral, deg .................... 0 
Geometric twist, deg ••••••••••••• 0 
I 
I 
----------/- --+-----+---r-
-7.5 ~I 
c = 6.125-+-11---+----1 
I~ 20.0 Ll~ l===-- I =-r .25 chord 
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I~ .33.3J .. I~ 
Figure 1.- Plan view of model giving over-all dimensions. All dimensions 
are in inches . 
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~-------------- 2=40 
~---------a3.333 ------~~ 
t--'"-----20 - ------;--1 
x --i 
... 
3.334 D(max.) 
ORDINATES 
X/I r/l x/I r/l 
0 0 
.0050 .00231 .4500 .04143 
.0075 .00298 ·5000 .04167 
.0125 .00428 ·5500 .04130 
.0250 .00722 .6000 .04024 
.0500 .01205 .6500 .03842 
.0750 .01613 ·7000 .03562 
.1000 .01971 .~500 .03128 
.1500 .02593 • 000 .02526 
.2000 .03 090 .8333 .02083 
.2500 .03465 .8500 .01852 
·3000 .03741 .9000 .01125 
.3500 .03933 ·9500 .00439 
.4000 .04063 1.0000 0 
L.E. radius = 0.00051 
Fineness ratio 10 
c/4 located at D(mqx.) 
Fi~lre 2 .- Fuselage detai ls. All dimensions are in i nches . 
• ; Q. 0 6 • <; • D ' 0 , ', 0 Ii 00 0 
• .'. • (It (J ~ •• 0 
• II 0 : '0' . ' .' • : : 0 0 ' O· • • O· ~ (I 0 . 
• • ' 0 0 • (} , 
o . 0 0 • 0
0 
O· 0'0 0 
o 0 ~ O · , 
110 CI '0°'0 0.006 
Or/ginal tunne / wall 
Ploster liner 
191 
~--~2,y~=---_____ >I~ Jl /19 if±: 
--:..--'3:::=- __ ..!.I.:..x _______ ~~:< ____ ~ bill] --
Subsonic 
test section 
M = 1.2 
test .section 
I~ /65 ;/' .. I 
. '0. 0. <: ::.\ " ' ~' .. ;-::: :~ 0 :."0 :,;,.,<' 
o v " (). • 0 '0 0 '0' . , 0. 0 , °/ ~ () , .' () • f) 
inimum I 
Effective minimum ~ 
Angle of attock 
pivof 
Extensible 
support tube 
~o 0 0 " " 0 
• (}. O •• 
• 0 0" • 
o • tI • 0 • 0" • D 
~ 
Figure 3.- Location of model in relation to Langley 8-foot high-speed-
tunnel test section and support system. 
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Figure 4.- General view of test setup showing model, rakes, and support 
system. 
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BO.5Q-pressurrz orifice 
l'1odrzl plantZ of 
symmefry 
To ta/ -pressure fubes 
Wlng-chord plane 
Model 
.S 
.s 
.S 
.s 
.s 
Sting -
< --~ 
Figure 5 .- Details of the rakes used for wake survey and downwash 
measurement. All dimensions are in inches. 
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Figure 6 .- Photograph of model as tested in the Langley 8-foot high-
speed tunnel. 
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Figure 18 .- Var iation with Mach number of the average rate of change 
of downwash angle with angl e of attack for a location 0 . 375 semispan 
above the wing-chord plane and 1. 225 semispans behind the 0 . 25c posi -
t i on f or t he wing- f us elage with the wi ng and wing- f us elage- interfer ence 
configur a t ions . 
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